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SUMMARY
Recent hypersonic turbulent-boundary-layer experiments and proposed prediction methods pertinent
to the problems of the effect of wall temperature on skin friction and heat transfer, the trarisfonna-
tion of the compressible boundary layer to the constant-density type, and the heat transfer to delta
wings are considered. The level of the turbulent heat-transfer coefficient is found to be little
affected by significant changes in wall-temperature level. Coles' transformation as modified by
Baronti and Libby has been examined by utilizing turbulent-boundary-layer profiles covering a wide
range of Mach number and wall-temperature ratio. Some success is found for the transformation up to
the lower end of the hypersonic range and down to moderately low wall-temperature ratios. For delta
wings at low angle of attack, in cases where the flow near the surface is essentially stresawise,
strip application of successful flat-plate methods gives good predictions of the turbulent heat trans-
fer if the pressures are known. On the lee aide of delta wings where vortices are indicated, predic-
tions by strip theory are surprisingly good in general; but predictions can be poor near the center
line where the heat transfer is high. Ability to predict the heat transfer to delta wings appears to
be contingent upon the ability to predict the flow field.
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1. EXPERIMENTS WITH HYPERSONIC TURBULENT BOUNDARY LAYERS
By Mitchel H. Bertram, Aubrey M. Cary, Jr.,
and Allen H. Whitehead, Jr.
INTRODUCTION
The study of the turbulent boundary layer still consists largely of qualitative theory combined
with quantitative empiricism. In the present paper, emphasis will be on experimental results. Con-
figurations are considered not for practicality in an engineering sense but to allow the assessment
of the basic validity of various prediction methods for skin friction and heat transfer.
Data have been obtained on flat plates, cones, and nozzle walls, so that such a problem as the
effect of wall temperature on skin friction and heat transfer can be evaluated. In 1961 Banner,
Kuhl, and Quinn (ref. 1) reported heat-transfer experiments at low wall-temperature ratios from 1-15
flights which were at variance with the results obtained by prediction methods in use at that time
and provoked considerable controversy. Later results from wind tunnels reported by Bertram and Neal
(ref. 2) have tended to confirm the trend indicated by the 1-15 flight data. Recent experiments
bearing on this problem are examined.
Allied to this problem but with the possibility, of wider application is the prospect of a trans-
formation for compressible turbulent boundary layers. This approach, which has appealed to investi-
gators for a number of years, is to determine a transformation which, when applied to boundary-layer
profiles or other characteristics, will precisely yield the incompressible result. After such a
transformation has been obtained, the boundary-layer details are given in terms of the better known
incompressible results. Coles has proposed one such transformation which has been modified by
Baronti and Libby and examined by them in some detail ( ref. 3). This transformation is intended to
apply at arbitrary wall temperatures and pressure gradients and, if successful, would provide a tool
for determining not only profiles but also skin friction and heat transfer over a wide range of high-
speed flow conditions. Recently obtained boundiry-layer profiles for extensive values of itch number
and wall temperature, combined with those previously available, allow the determination of the overall
validity of the proposed transformation.
Finally, the heat transfer to the more practically shaped delta wing is considered for the case
of low angles of attack. Although this wing shape has been dealt with extensively for the laminar
case, there is a paucity of data for the turbulent case. Notable exceptions are the results reported
in references 4 to 6. In references 14 and 5 the configuration is complicated by considerable leading-
edge bluntness.
SYMBOLS
A	 constant in law of the wan, taken here to be 2.45
b	 constant in law of the wall (taken here to be 7.5) or wing semispan
Cf	 local skin-friction coefficient
h	 enthalpy
k	 vertical height of roughness above plate
N	 Mach number
N	 exponent
Npr	 Prandtl number
Nst	 Stanton number
p	 static pressure
r	 body radius
B	 Reynolds number
Rb	 Reynolds number based On wing semispan
Rx	 Reynolds number based on distance from leading edge or apex
Rx,k	 Reynolds number based on distance to roughness location from leading edge
N
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Reynolds number based on boundary-layer-edge conditions and momentum thickness
Rp	 Reynolds number based on distance to peak heating
RV
	 Reynolds number based on local conditions and distance from peak shear or peak heating
T
	
absolute temperature
U	 velocity
x
	 distance from leading edge in streamMise direction
Xc	 distance from apex of delta wing along root chord
I
	 distance normal to root chord of delta wing or distance normal to surface for boundary-
layer-profile measurements
a.	 angle of attack of instrumented surface
6
	
boundary-layer thickness
6k
	 two-dimensional laminar boundary-layer thickness at roughness location
A
	
leading-edge sweep angle
V	 kinematic viscosity
P
	 density
6	 ray angle from apex of delta wing and root chord
Is
	 dynamic viscosity
1
	
shearing stress
leading-edge wedge angle
Subscripts:
aw	 adiabatic wall
B-L	 from Baronti-Libby method
i	 incompressible
local conditions
mess	 from direct measurement
S-C	 from Spalding-Chi method
t	 total
v	 based on distance from virtual origin
w	 conditions at wafl
conditions in undisturbed free stream
A bar over a symbol denotes that the variable is in transformed (constant density) flow.
ANALYSIS 1*12110DB
In reducing the data and applying the various prediction methods, the approach was the same as
that given in appendix A of reference 2. Although not explicitly mentioned in reference 2, the
recovery factor used in reducing the heat-transfer data was as follows. When the recovery factor in
the original data reduction was between 0.88 and 0.90, no correction for recovery factor was made.
For data in which the recovery factor assumed in the original data reduction was outside these limits,
the data were re-reduced by using a recovery factor of 0.89 and all new heat-transfer data were
reduced by assuming this recovery factor.
Consistent with the previous paper (ref. 2) the virtual origin for the turbulent boundary layer
was chosen as the place where the peak shear or peak heating occurred.
1-3
When the Spalding-Chi method (ref. 7) was applied, the values from this method and its modified
form were generally taken from the charts given in reference 8. For this case, as well as for the
various T' methods (refs. 9 to 11) and the method of Winkler-Cha (ref. 12), the Prandtl number was
assumed to be 0.725 for use with the Karnian-Reynolds analogy factor. This same Prandtl number was
used with the laminar T' method of Monaghan (ref. 15) to obtain values of the laminar-boundary-layer
thickness (o) for defining values of k/bk.
In all cases where the ratios Cf/Cf,i or Nst/Nst,i are presented, whether for experiment or
for a prediction method, the value of Cf,i or Nst,i used in the denominator is the Karmen-
Schoenherr value given in figures 2 and 3 of reference 8.
DISCUSSION
Effect of Wall-Temperature Ratio on Heat Transfer and Skin Friction
Since the time of the X-15 flight data, which was discussed in the "Introduction," a significant
body of wind-tunnel results has been obtained. A comprehensive review of available results up to 1965
was presented by Bertram and Neal at a previous AQARD meeting (ref. 2). In results combined from a
number of different facilities, general agreement was found with the trend from the X-15 experiments
in which wall temperature was indicated to have little effect on the heat-transfer coefficient.
Recently, data have been obtained by A. M. Cary of the NASA Langley Research Center on a sharp
flat plate cooled by interior circulation of liquid nitrogen. The plate was precooled outside the
nozzle and upon attaining the desired temperature was suddenly plunged into the Mach number 6 air-
stream of the Langley 20-inch hypersonic tunnel at a preset angle of attack. The findings from this
investigation, which are presented in the upper part of figure 1, show little effect of wall cooling
on the Stanton number. The experimental trend agrees with that predicted by the Spalding-Chi method
( ref. 7) as modified to heat transfer in appendix A of reference 2 and Hank's prV method (appen-
dix B of ref. 5). However, the level of the data favors the prediction by the Spaiding-Chi method.
Clearly the W' or reference temperature methods (refs. 9 to 11) significantly overestimate the heat
transfer at the low wall temperatures, and the Winkler-Cha method (ref. 12) underestimates the heating.
Examples of the data from which ratios were obtained are given in the lower part of figure 1, .there
the —a l l  scatter indicates the uniformity of the data for a given run and the repeatability of runs.
Further knowledge of the effect of low temperature ratios can be obtained from new work done by
Wallace in a shock tunnel at the Cornell Aeronautical laboratory (ref. l't). In this investigation
shots were made at relatively low temperatures and at the lower end of the hypersonic Mach number
range to obtain high Reynolds number. Wall temperature was essentially constant at room temperature.
Pressure, skin friction, and heat-transfer data were obtained and the sharp flat-plate model was tested
in the range of surface incidence from 00 to 200 . Only data from the sharp flat-plate model are con-
sidered here and these data were re-reduced from the original tabulation (ref. 15) as follows:
a. Coefficients and Reynolds number were based on local conditions.
b. Local conditions were determined from the average of measured wall pressures.
c. The enthalpy recovery factor was corrected from a value of 1 to a value of 0.89.
The data of Wallace together with some presented by Softley, Graber, and Zempel (ref. 16) are
summarized in figure 2, and details are given in figures 3, 4, and 5 . For Wallace's data, local
Reynolds numbers based on distance from the assumed virtual origin (peak heating) varied from about
106 to 2 x 108 . When peak heating occurred ahead of the first measuring station, a value was assumed
for the Reynolds number at peak heating that was consistent with the data for which the location of
peak heating was known, as shown in figure 6.
Median values of skin-friction and heat-transfer-coefficient ratios obtained by Wallace are shown
in figure 2 compared with various prediction methods as in figure 1. The Mach numbers cover the range
from 4.5 to 11.7 and the ratio of wall enthalpy to total enthalpy varied from 0.09 to 0.30. Except
for the highest Mach number data, the beat agreement with experiment is given by the Spalding-Chi
theory. As for the Mach 6 results, the prediction of the Monaghan T' method is generally above the
data and that of the PrIlr method is generally below the data. Whereas the experimental values of
the skin-friction and heat-transfer-coefficient ratios are about equal, therr method predicts
the values for the skin-friction-coefficient ratio to be significantly less than those for the heat-
transfer-coefficient ratio. Examining these data in detail, one finds in figure 3 that the Spalding-
Chi method is the only one of those shown that generally matches the level and trend of the shear and
heating ratios with Reynolds number.
The highest Mach number data (fig. 2) were anomalous in that the best agreement is with the T'
method which appreciably overpredicts all, the other data. In this case, the measured wall pressures
were 70 to 80 percent of the stream value with the quoted zero plate incidence, as shown in the upper
part of figure 4. If the measured pressures are ignored and the pressure ratio is taken as unity,
as was done by the authors themselves, there is good agreement of experiment and the Spalding-Chi
prediction, as shown in the lower part of figure 4. The choice of these alternatives is unresolved.
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There are shown in figure 2 more recent data obtained by Softley, Graber, and Zempel (ref. 16)
in a shock tunnel at much the same conditions as the high Mach number results of Wallace (ref. 14).
The results in reference 16 were obtained on a 50 half-angle cone and details are given in figure 5.
Generally these data are below the Spalding-Chi prediction modified to account for the fact that
transition takes place behind the cone apex (appendix B of ref. 2). These data, transformed to the
flat-plate case, are presented in figure 2 and together with the Mach 11 Wallace data bracket the
Spalding-Chi prediction.
Nerem and Hopkins (ref. 17) from tests in a shock tube have obtained heat-transfer data at
h,/haw in the range 0.01 to 0.04 at Mach numbers in the 2.5 to 3.5 range. Here, also, reasonable
agreement was found between the prediction of Spalding-Chi and the experiments and poor agreement
was found with predictions from the Eckert T' method.
The Transformation of Compressible-Boundary-Layer Profiles
One approach to the compressible turbulent-boundary-layer problem which has received considerable
attention in recent years has been the effort to find a transformation which, when applied to the com-
pressible turbulent-boundary-layer equations, will yield identically the better-known incompressible
turbulent-boundary-layer equations. In this manner the more extensive knowledge for the incompres-
sible turbulent boundary layer can, in theory, be extended to the compressible-flow case of interest.
Typical investigations (refs. 18 to 23 and ref. 3) have achieved some measure of success in defining
transformations for the turbulent boundary layer. Coles (ref. 23) has proposed an approach to the
transformation of the compressible turbulent-boundary-layer equations in which the compressible and
the constant-density flows are assumed to be related by three scaling parameters a(x), rI(x), and
(x). The first parameter relates the stream functions of the two flows, the second is a multiplica-
tive factor of the Dorodnitsyn-Howarth scaling of the normal coordinate, and the third relates the
streamwise coordinates of the two flows • An additional assumption pertaining to the invariance of a
Reynolds number characterizing the law-of-the-wall region of the boundary layer is necessary to com-
plete the transformation. This assumption, which Odes has caned the "substructure hypothesis,"
provides a substitute for a reference state utilized with many theoretical approaches. Coles' trans-
formation has been extended by Crocco (ref. 22) and modified as well as applied to practical cases
by Baronti and Libby (ref. 3). It is with the analysis of Baronti and Libby that the remainder of
this section is concerned.
Baronti and Libby modified Coles' substructure hypothesis (they introduced a sublayer hypothesis)
and applied the transformation technique by point-by-point mapping of supersonic velocity profiles
into the incompressible plane. It should be noted that the transformation theory is applicable only
for two-dimensional or axisyssnetric (r >> 8) flow with and without heat transfer or streamwise pres-
sure gradient. This analysis does not define completely the constant-density flow corresponding to
the compressible case since the velocity profiles, once transformed, correspond to some unknown
1-station in the constant-density flow.
Baronti and Libby employed the conventional incompressible equations for the universal velocity
profile such that the boundary-layer profile is composed of two distinct regions, a law-of-the-wall
region near the wall and a wake or velocity defect region consisting of the major portion of the
boundary layer. The equations governing each of these regions, respectively, are:
Law of the wall, r/a = f)
Velocity defect law,
	 -	 =
where
T - ( w/w)hhh'2
and
=S?ilT11
The law of the wall is conventionally expressed as:
(0f (sublayer))
and
il/fi_A1nb
where	 and C1 are the values of	 at the edge of the laminar sublayer and the outer limit
of the region of application of the law of the wall, respectively. The coefficients A and b are
2.43 and 7.5, respectively, as taken from Clauser (ref. 24) so that ff - 10.6. The outer limit for
the application of the law of the wall is taken as the end of the logarithmic portion of the boundary-
layer profile on a scale of fl/tv plotted against . Simplified equations for the direct applica-
tion of the Baronti and Libby analysis to velocity profiles for compressible flow may be found in
reference 25.
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The process of applying the transformation theory through the law of the wall is actually an
iterative one, since the value of the skin friction in the incompressible plane is necessary in
order to transform the corresponding compressible velocity profile to the incompressible plane. In
actual practice the procedure is to assume values of the wall skin friction in an incompressible
plane until acceptable agreement of the velocity profile with the constant-density result is achieved.
The success of the transformation may then be judged by observing how well the transformed velocity
profile correlates with the incompressible results and comparing the resulting compressible-skin-
friction estimate with that measured or predicted by a reliable theory. Once the incompressible skin
friction has been determined from the law-of-the-wall analysis, a comparison with the velocity-defect
law is directly obtainable.
Baronti and Libby applied the transformation to velocity profiles for compressible flows up to
Mach 9 for adiabatic wan and moderate heat-transfer conditions • In general, their results indicated
good correlation of the compressible velocity profiles for the law of the wall in the incompressible
plane, and the values of skin friction resulting from the transformation compared well with those
measured in most of the investigations cited. However, when a correlation was attempted with the
velocity-defect law, the results indicated that a compressible velocity profile under a uniform flow
would transform into the incompressible plane and show the characteristics of an incompressible veloc-
ity profile under the influence of a pressure gradient. Tennekes (ref. 26) has suggested that this
discrepancy may be a result of a distortion of the velocity-defect region of the boundary layer by
the Dorodnitsyn-Howarth density scaling of the normal coordinate.
Here the same procedures that were used by Baronti and Libby were used to reduce the compressible
velocity profiles to the incompressible form, including the use of the Crocco relation to calculate
the density integral through the boundary layer, but the range of Mach number and heat transfer is
extended. Experimental velocity profiles were calculated by using measured temperature profiles
where available; otherwise the Crocco relation was used. Illustrations of the correlation of the
transformed compressible boundary-layer profiles according to the law of the well with the classical
incompressible results are shown in figure 7. Since Of was not directly measured for most of the
profiles presented, the skin-friction results obtained from the transformation for all the cases were
normalized by the skin-friction coefficient predicted by the method of Spalding and Chi (ref. 7).
In each case, the Spalding-Chi prediction was based on the measured H6 and Tw/Tt.
The transformation of profiles obtained on tunnel walls in nominal zero-pressure-gradient flow
as shown in figure 7(a) provides good correlation for Mach numbers from 2.5 to 8.1 The skin-friction
results from these profiles compare favorably with the Spalding-Chi predictions. For still higher
Mach numbers, in the range from 15 to 20, the profiles shown in figure 7(b) appear to correlate well
with the incompressible results, but the extent of the logarithmic part of the law-of-the-wall region
of the profile is small in comparison with the lower Mach number profiles. 2
 An inspection of the
compressible velocity profiles indicates that, in general, as Mach number increases, the laminar sub-
layer thickness as well as the extent of the wake or velocity-defect region becomes larger. As a
result, there appears to be a corresponding decrease in the extent of the logarithmic law-of-the-wall
region. Since the wall shear obtained from the transformation is dependent upon a curve fit in the
logarithmic law-of-the-wall region, a physical limit of the application of the transformation in the
present form may thus exist. However, for profiles with thick laminar sublayers for which sublayer
velocity measurements are accurate, the transformation could be applied directly in conjunction with
the sublayer part of the law of the wall. The skin-friction results from the transformation of the
high Mach number profiles show more deviation than those for the lower Mach number profiles. It
should be remarked that the nitrogen profile presented in figure 7(b) is believed to be transitional
by the experimenters (ref. 28). However, note that there is no particular difference between this
transformed profile and the other presented at considerably higher values of H9.
Most of the profiles presented thus far are for moderate values of wall-temperature ratio.
Transformed profiles for Mach numbers near 7 (ref. 14) and low values of wall-temperature ratio are
given in figure 7(c). Correlation is as good as was found for the previous profiles in figure 7(a),
but the resulting values of skin friction are significantly greater than Spalding-Chi predictions.
An illustration of the effect of previous history of the boundary layer on the results of the
transformation is shown in figure 7(d). The transformed profiles correlate nicely, and the skin-
friction results compare favorably with the predictions of Spalding and Chi, even though each of the
boundary layers developed under different conditions.
A compilation of the skin-friction results obtained from the transformation technique is pre-
sented in figure 8(a). The skin-friction results from the transformation are referenced to the skin
friction predicted by the Spalding-Chi method and presented as a function of the ratio of wall tem-
perature to total temperature for each particular case. The data include all the experiments analyzed
by Baronti and Libby, results cited in figure 7, and additional results from references 29 to 52.
It has been shown in several investigations (for example, ref. 2 and in the first section of this
'Mach 2.149 and 4.44 profiles from unpublished measurements by Stallings and Couch in the Langley
Unitary wind tunnel; Mach 6.0 and 6.8 from reference 2; Mach 7.95 from unpublished measurements by
W. V. Feller in Langley 18-inch variable-density wind tunnel, all with dp/dx essentially zero.
2Mach 15.6 profile from reference 27; Mach 20.2 profile from reference 25; Mach 18.4 profile
from unpublished measurements by W. D. Haney and F. L. Clark but a similar profile is found in
reference 28.
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paper) that the method of Spalding and Chi can be expected to give accurate skin-friction predic-
tions on flat plates and cones at least up to Mach 9 and over the entire range of Tw/Tt for the
data in figure 8.
In general, the skin-friction results from the transformation appear to be consistently higher
than those predicted by the Spalding-Chi method. Although the overprediction is in the 10-percent
range for adiabatic and moderately cooled walls, the error is large for extreme cooling conditions.
Wallace (ref. i) obtained direct skin-friction measurements on the nozzle wall at the same loca-
tions and the same flow conditions for which the profile data were taken. The measured skin-friction
results shown in figure 8(b) are in good agreement with the Spalding-Chi predictions, as are the
results from other investigations in which direct measurements of skin friction were made. It thus
appears that the transformation as applied is not generally valid even for the logarithmic portion
of the law of the wail.
Since in the application of the transformation theory it is necessary to define a temperature
distribution through the boundary layer (the Crocco distribution for both this investigation and
that of Baronti and Libby), it may be suspected that the particular distribution assumed would affect
the skin friction obtained from the transformation. Thus, it is believed reasonable to examine some
of the available temperature distributions in detail. A number of measured temperature profiles
were presented in reference 2. Since that time some additional profiles have become available and
these are shown in figure 9. The upper part of figure 9 is from reference 2, which presents data
from references 29 and 33 to 36 with the addition of unpublished measurements obtained by R. L.
Stallings and L. M. Couch in the Langley Unitary wind tunnel. These experimental profiles are com-
pared with the suggested profiles of Crocco, Michel (ref. 37), and Walz (ref. 38). There is dis-
agreement between the data of references 34 and 35 on one hand and the data of references 29, 36,
and Stallings and Couch on the other. The former sets of data agree more closely with the Crocco
and Michel prediction and the latter sets agree more closely with Walz' prediction.
Some relatively cold wall data are shown in the lower part of figure 9 from reference 39 and
unpublished measurements obtained by W. V. Feller in the Langley 18-inch variable-density wind-
tunnel. These data do not agree with any of the prediction methods previously shown and depart con-
siderably from nonlinearity. This is also seen in the profiles presented in figures 18 and 19 of
reference 2. A better fit to experiment, as shown in figure 9, would be a profile which had a quad-
ratic form
TtTw	 fu\2
Tt,.. - Tw k%)
This is equivalent to assuming that Walz r adiabatic wan-temperature distribution is independent of
wall-temperature ratio.
Since the quadratic temperature profile represents experimental results better than the Crocco
profile, at least at low wall-to-total-temperature ratios, the transformation was applied by using
the quadratic temperature profile for several compressible profiles with low wall-to-total-temperature
ratios. For each case the quadratic temperature law was applied in both the reduction of the pitot
profile to velocity and in the transformation. The transformed results from one Wallace profile
(Mach 7.61, fig. 7(c)) and one by Harvey and Clark (Mach 18.4, fig. 7(b)) exhibited poor correlation
with the incompressible results, and the agreement of the resulting skin-friction coefficients with
the Spalding-Chi predictions was no better than was found by using the Crocco relation. The Wallace
profile at Mach 7.21 (fig. 7(c)) when transformed by use of the quadratic law did yield a skin-
friction coefficient in good agreement with Spalding-Chi, but again poor correlation of the trans-
formed profile was obtained with the incompressible results.
Thus, these limited results indicate that the quadratic profile offers little improvement over
the approach of Baronti and Libby. The discrepancy in wall shear at low wall-to-total-temperature
ratios does not appear to be a function of Mach number or Reynolds number and may result from a
deficiency in the transformation theory itself. A true test of the validity of the theory in the
low wall-to-total-temperature range will require more extensive data than that presented here.
Heat Transfer to Delta Wings at Low Angles of Attack
The delta plexiform is of interest as a practical shape wing for hypersonic flight purposes.
For efficient flight, the angle of attack will be low and for the large air-breathing vehicles the
leading-edge size necessary from aerotherrnodynamic considerations is small compared with wing chord.
Here, the essentially idealized case of wings with sharp leading edges will be treated.
Consider the wing shown in figure 10(a), on which tests were made at zero angle of attack by
Whitehead in the Mach 6 airstream of the Langley 20-inch hypersonic tunnel. (Part of this study was
reported in ref. 110.) The cross section of the wing tested was actually half-diamond with the flat
side instrumented and alined with the flow. The shock was attached to the leading edge and the pres-
sure ratio on the instrumented surface was essentially unity. Stanton number is shown as a function
of Reynolds number and the boundary-layer flow is indicated to be transitional at the most forward
measuring stations. If the virtual origin of the turbulent boundary layer is taken to be at the
location of peak heating, the assumption of strip-like flow which is successful with laminar boundary
layers is found to give a good prediction for turbulent flow over this delta wing. When this wing
is inclined Be that the instrumented surface faces 50 to the windward (k/6j	 2.2), the shock remains
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attached and the pressures are within 5 to 10 percent of the two-dimensional shock value as shown in
conical coordinates in figure 10(b). As for the zero angle-of-attack case, the Stanton number is
predicted within about 10 percent by strip theory, figure 10(b), using the predicted two-dimensional
pressure.
Using two different wings at zero inclination to the flow, Murray and Stallings (ref. 6) were
able to obtain data wider conditions where the leading-edge shock was attached and detached. The
attached-shock case occurs for a 60 0
 swept delta wing at Mach )4) and is shown to the left in fig-
ure U, and the detached-shock case occurs for a 700 swept delta wing at Mach 3 and is shown to the
right in figure11.3
 In the upper part of figure 11, the heating and pressure data are shown as a
function of streamwise Reynolds number and in the lower part of the figure in terms of ray angle.
The heat-transfer parameter is chosen to correlate the heating data with the virtual origin of the
Reynolds number (Rv) at the location of the boundary-layer trips. For simplicity, a power law for
heat transfer was chosen which fitted the Spalding-Chi theory for the conditions of the test and the
exponent from this fit was used in the heat-transfer correlation in figure 11.
Leading-edge shock detachment on the 700 swept wing is caused by a bevel on the wider side.
The pressures show a behavior typical of a subsonic cross flow where the stagnation point is on the
beveled under side, and the pressure drops sharply as the flow expands around the sharp leading edge.
Using the conical coordinate gives good correlation of the pressures measured on the wing surface,
whereas using the linear coordinate gives poor correlation. The surface on which the pressures are
measured is flat and aimed with the flow, but the pressures are as low as 50 percent of free-stream
pressure at the most forward stations.
Oil flow in the same stream on a 700
 swept wing with a smaller leading-edge bevel angle (also
with a detached shock) indicated surface flow lines were essentially parallel to the root chord.
This suggests using the modified Spalding-Chi method in stripwise fashion with local values of cor-
related experimental pressures. A good prediction of the heat transfer was obtained and is shown
in the lower right side of figure 11. However, if the pressures had not been available and the sur-
face pressure had been taken as equal to free-stream pressure, a significant error would have been
incurred in heat-transfer predictions over much of the wing, as shown in figure U.
At Mach 144, for the 600
 swept wing there is a slight pressure gradient which may be due to
warping of the model during the test. If the Spalding-Chi method is applied in the stripwise manner.
previously used, a good prediction of the heating is obtained when presented on a chordwise basis
rather than conical as shown on the upper left side of figure II.
The heat-transfer data at the most forward position show a trend which is different from the
rest of the data. This behavior is believed caused by proximity to the oversize roughness. (A
similar effect is shown on flat plates in ref. 41.)
Main consider the wing tested by Whitehead in the Mach 6 airstream. With the flat instrumented
side of the wing facing leeward at the angle of 5 to the free stream, the shock is calculated to be
attached. However, only a small deflection of the wing under load would suffice to cause leading-
edge shock detachment. The pressures, shown in the right-hand side of figure 12, do not vary much
over the span and appear to correlate well in comical coordinates with no particular difference in
the pressure distribution between the case where the surface is smooth and the case where spherical
boundary-layer trips (k/51 1.1) are placed on the surface near the leading edge.
Without boundary-layer trips, the heat transfer to this surface was transitional only at the
rearmost stations of the near root chord region. With spherical trips, the level of aerodynamic
heating was increased to a general level expected with turbulent flow, as shown on the left-hand
side of figure 12. In this case, Stanton number is shown as a function of Reynolds number based on
free-stream conditions and distance from the leading edge parallel to the root chord. For reference
purposes, the modified Spalding-Chi method was applied in stripwise fashion for a constant pressure
on the wing equal to the two-dimensional value. (The virtual origin is taken as B..,,x = 2 x lob,
based on the indicated peak in heating along the root chord.) If the prediction method applied, then
one would not expect more than about 20 percent difference, based on the variation in the pressures,
between prediction and experiment. Clearly, there is no correlation of the data and there are large
increases in heat transfer in the midportion of the wing where surface-oil-flow studies indicate a
conical vortex system to be formed. (See ref. 10.) As in the previous presentation, the main body
of the heat-transfer data appears to correlate in the conical coordinate as shown on the upper right-
hand side of figure 12. The large increase in heating is seen to be confined to the central region
of the wing influenced by the vortex system and referred to as the "feather" region in reference 140.
Apparently, no increase in pressure is associated with this increase in heat transfer. However,
there is a gap in the pressure data and such an increase in pressure may have occurred over a very
narrow range of ray angle. If this pressure increase does exist at 50 angle of attack, the extent
of the increase probably widens with angle of attack. (The pressure increase was seen on the lee side
when the model was positioned at 100
 angle of attack, as shown in fig. 13 of ref. 140.)
An analysis of the delta-wing data of reference 6 at Mach numbers from 3 to 4.4 and 50 angle of
attack, windward and leeward, shows a similar behavior to the Mach 6 data previously presented in
3Test conditions: At Mm = 4.44, Tt = 687° R and k/bk = 3.1.
At M,=2.98, Tt=711°R and k/bk =4.4.
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figures 10 and 12. These results are shown in figure 13 and indicate that the level of the heating
on the lee side can approach that on the windward side near the center of the wing. Better coverage
of the central region of the lee surface is needed to determine just how high the heating actually
is.
CONCLUDING RI}!ARKS
Recent hypersonic turbulent-boundary-layer experiments and proposed prediction methods pertinent
to the problems of the effect of wall temperature, the transformation of the compressible boundary
layer to a constant-density type, and heat transfer to the delta wing have been considered.
Up to a Mach number of at least 9, based on flat-plate experiments, the level of the turbulent
heat-transfer coefficient is found to be little affected by significant changes in wall temperature,
as was predicted by the Spalding-Chi method. The V or reference-temperature method overpredicts
skin friction and heat transfer at low wall-temperature ratios.
The Coles' transformation as modified by Baronti and Libby has been examined by utilizing
turbulent-layer profiles covering a wide range of Mach number and wall-temperature ratio. Some
success is found for the transformation up to the lower end of the hypersonic range and down to
moderately low wall-temperature ratios. However, at the lowest wall-temperature ratios, the trans-
formation gave high wall shears as compared with Spalding-Chi predictions and with shears that were
actually measured. At high Mach numbers, very little of the logarithmic portion of the transformed
profile remains because of an apparent thickening of the sublayer adjacent to the wall and the
velocity-defect wake region comprising the outer part of the profile. It is the logarithmic portion
of the profile from which the indicated shear is obtained.
Delta-wing turbulent heat transfer has been examined for several types of flow. At low angles
of attack, in cases where the flow near the surface is essentially streamwise, strip application of
successful flat-plate methods gives good predictions of the heat transfer if the pressures are known.
This result applies whether the leading-edge shock is attached or detached. On the lee side of
delta wings where vortices are indicated, predictions by strip theory are surprisingly good in
general; but predictions can be poor near the center line where the heat transfer is high. Success
in predicting the heat transfer to delta wings appears to be contingent upon the ability to predict
the flow field.
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Figure 13.- Turbulent heat transfer on flat surface of sharp delta wing
inclined windward and leeward. 8 = 50 ; leading-edge shock detached;
A = 700; Tw/ Tt = 0.80 — .85; b = 12 in.; 2'n = 150 . Data from
NASA TN D-3644.
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Figure 13.- Concluded.	 H
